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NATTONAT, ADVISORY COMMITTEE FOR AERONAUTTICS
RESEARCH MEMORANDUM

PRESSURE DISTRIBUTIONS OVER A WING-FUSELAGE MOTEL
AT MACH NUMBERS OF 0.4t TO 0.99 AND AT 1.2

By Clarence W. Matthews
SUMMARY

Pressure distributions over a prolate spherold of fineness ratio 6
and about & combination of this body with an NACA 65-010 wing section
have been obtained at Mach numbers of O.4t through 0.99 and at 1.2 .in
the Langley 8-foot high-speed tunnel. For these tests the ratio of
model cross sectlon to tunnel cross sectlon was very small.

The translition from e subsonic to a supersonlic flow pattern occurred
in a continuous mamner within the Mach number range between the critical
Mach number and & Mach number sglightly below unity. The pressure dis-
tributions change 1n this region in such a msnner as to indicate a
greatly Increaslng drag. The application of an extension of the Prandtl-
Glauvert method for subcritlcal axially symmetric flow was found to approxi-
mate the compresslbility effect, particularly near the midsection of the
body; extrapolation Into the supercritical reglon showed Increasing
departure from the experiment. The tunnel-wall interference was found
to be negligible even at the choking Msch number.

INTRODUCTEON

Because the ratios of model cross sectlion o tunnel cross section
usuelly existing in high-speed-tunnel testing are such that the tunnel

"is choked at some stream Mach number below 0.95, there are very little

wind-tunnel date available concerning the asrodynamlc characteristics
of flow between stream Mach nunbers of 0.95 and 1.20. In conJunction
wlth another prolect, tests were made in the Langley 8~-foot high-speed
tunnel on a small model between Mach numbsers of 0.% and 0.99 and at 1.2.
The results of these tests are analyzed in this papsr to show ths
general nature of the flow in this Mach number renge. The tests con-
slsted of pressure measurements over &a prolate spheroid and about a
model consisting of the same body plus a wing. The experimental sub-
critical results of the flow overp the prolate spherold are compared
with theoretically calculated results.
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MODET,

A gketch of the model used in the tests is shown in figure 1. The
body of the model was a prolate spheroid with a fineness ratio of 6.
The wing was an NACA 65-010 airfoil section with & total span of 6 inches
and an aspect ratio of 4} it was placed in the midwing position with its
chord. direction coinclding with the axis of the prolate spherold.
Pressure orifices were located over the top of the body with several
check orifices located dismetrically opposite on the bottom. The wing
pressure orifices were located on the top of the wing. The chordwise
orifices were halfway between the root snd tip of the wing, and those
in the spanwise direction were distributed along the 50-percent-chord
line. Two pressure orifices were located on the bottom of the wing.
The model was supported in the tunnel with a _;- -inch-dismeter sting

which was connected to the body as shown in figure 1. The angle-of-
attack coupling was located in the sting 10 Inches away from the model.

‘Tests .~ The tests were made in the Langley 8~foot high-speed tunnel
equlipped with a 1.2 Mach number superscnic nozzle. The subsonlc tests
were made Iin the throat of the supersonic nozzle. The supersonic tests
were made in the best portion of the supersonic nozzle. In either case,
the variations in Mach number over the test reglon employed were not
over +0.005.

The subsonlc stream Mach number was determined from empty-tunnel .
calibrations. Three separate calibration orifices, located in the tumnel
wall 16, 28, and 44 inches upstream of the model, were used. The varia-
tion in the stream Msch numbers indicated by the orifices was 0.002.

The model was tested at 0° angle of attack both with and without the
wing and at 10° engle of attack with the wing.

RESULTS

The Mach number and pressure~coefficlent distributions were calculated
fron the pressure data taken over the model and are presented as functions
of body length, span length, and chord length in figures 2 to 15. These
figures show the development of flow from subsonic through the super-
critical range up to a Mach number of 0.99 and at & Mach number of 1.2.

The Mach numbers were calculated from the total-head values with no cor-
rection for shock losses; however, at a stream Mach number Mg = 1.2 the

losses even for a normal shock were small so that the errors were negligible
CUNT T e—T, *
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The Reynofl.d.s mumber per foot of the flow over the model varied
between 2,690,000 at Mg = 0.4 end 3,960,000 at My = 0.99 and wes

3,820,000 at My = 1L.2.

Wall and sting Interference.- Since the ratlo of model cross section
to tunnel cross section is only 0.00032, the wall interference may be
expected to be very smell. The theoretical wall-interference correctlons,
glven by extrapolating to supercritical Mach numbers the results of
references 1 and 2, indicate that the Mach number correction factor for
an indicated stream Mach mumber of 0.98 is 1.0032 for the body and wing
at 09 -angle of attack. The correctlons for pressurs coefficlent,
Reynolds number, and drag are correspondingly small.

The experimental Mach mumber distributions at the wall (fig. 16)
show only a negligible effect of the model, less in fact than the day-
to-day variation In the callbration. Since according to reference 2
the interference velocities (to which the induced Mach numbers are
proportional) are only O.45hk times the induced velocities at the well,
it therefore Ffollows that the interference velocities (or Mach numbers)
must also be negligible. It masy be noted fram figure 16 that the dif
ference between the wall Mach mumbers with end without the model present
increases considersbly in the region downstreem from the model. This
effect 1s to be expected because of the large increase in cross sectlon
of the sting support in thils reglon.

The experimentally obtalned choking Mach number of 0.99 exceeded the
theoretical value of 0.98. The excess may possibly be due-to boundary-
layer thinning as discussed In reference 3.

Another type of 1lnterference may be seen by examlning the subcritical
pressure dlstrlibutions of figure 3. Although the body is symmstrical
about its center, the pressures are more positive over the rear of the
body than over the forward part. This 1s obviously an effect caused by
the sting, since viscosity and tunnel-wall-interference effects tend to
prevent pressure recovery. Thls sting-Interference effect exists as far
forward as the 40- to 50~percent station on the body. Except for a
possible reaction through the boundary layer, no such lnterference 1s
to be expected with supersonic speeds.

ANATYSTS

Nature of flow over a model in transonic region.- A number of tests
on bodies of revolution by the wing-flow method (reference L) have shown
an asymmetrical pressure distribution for stream Mach mumbers near unity
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in which the peak negative pressure coefficlents shifted rearward once the
criticel velocliy was attalned. An examinatlon of fligures 3, 5, and 11 . .
showe that this phenomenon also occurs in the present wind-tunnel tests.
Figures 5 and 11 show though that the presence of the wing restricts the
rearward movement of the negative pressure peak. The chordwise pressure
distributions over the center of the wing (figs. 7 and 13) also show the
gsame rearward movement of the pressure peak as the critical Mach number

is attained. This shift of pressure coefficients which occurs on all the
component parts of the model after the critical veloclity has been reached
Indicetes that a very marked increasse in drag may be expected at Mach
numbers Just below unity. This shift is to be expected because of the
veloclty increases due to the local supersonic-flow expansion which occurs
over the rear of the body.

Development of supersonlic flow from subsonic flow.- Examination of
the Mach numbers overgg'prolate spheroid, figure 2, shows no marked change
in the shape of the Mach number distribution curve until local supersonilc
flow is attained on the body. Then, a8 previocusly discuesed, the peak
Mach numbers continuously move rearward. The shape of the distribution
near the nose also changes. However, as in the case of the rearward
movement of the peak Mach number, this change 1is also gradual. Thus, -
these results Indicate that the supersonic-flow pattern develops con-
tinuously from the subsonic pattern as the stream Mach number progreases : -
through the supercritical region. ) ) o

Adding a wing to the body (fige. 4 and 10) does not materially
change the continulty of the development of transonic flow from the sub-
goric condition. The changes in local Mach number over the body when
the wing 1s lnstalled Increase more rapldly wlth increasing Mach number
than do those changes with the body alone, Indlcating that compressi-
bility effects at high subsonlc Mach numbers are relleved by threec-
dimensional flow. .

Similar trends In conbtinuity snd rearward movement of Mach number
poaks may also be noted in the chordwise distributions over the center
of the wing at both 0° and 10° angle of attack (figes. 6 and 12). At 0°
engle of attack, the curves are quite regular and have the s=amo shape
so long as the flow 1s subcritical. After a local supersonic flow has
been attained on the wing, the Mach number peak moves rearward, thereby
developing the supersonic~flow pattern at Mg = 0.98. The shape of the
distribution 1s not materielly changed when the streasm Mach number is
increased from 0.98 to 1.2. The distributions for 10° angle of attack
(fig. 12) present more complicated changee after the flow becomes i
critical. The step-like change which occurs between Mg = 0.766 and .
Mg = 0,938 may be due to an oblique shock followed by separation.

Above Mg = 0.938 the distribution flattens out, Indicating that the
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flow separates at the highest point on the wing. This conditlon exists
up to & stream Mach number of 0.99. The change of the shape of the dis-
tribution when the stream Mach number increases to 1.2 Indicates that the
flow becomes reattached to the alrfoll. It thus appears that the super-
sonic flow tends to reduce separatlion. . }

The changes in the shape of the chordwlse pressure distributions
over the top of the eirfoll indicate important shifts in the locatlon
of the center of pressure of the alrfoil. The subcrlitical curves are
esgentially similar in shape so that there will be very little shift iIn
the center of pressure until critical velocltles appear on the airfoil.
Once the critical veloclty has been attained, the center of pressure
starts moving rearwvard with Increasing Mach number and attalns 1ts
approximate final position at My = 0.97 to 1.00.

The spanwise Mach mumber end pressure distributions (figs. 8, 9, 1k,
and 15) are difficult to interpret because of the lack of pressure datap
that is, 1t 1s not known whether the changes are dus to general increases
in the chordwise distributions or to changes In the locatlons of the pezk
values.. However, at 0° angle of attack, the subcritical Mach numbers
and pressure coefficients are relatively constant along the,center of
the wing. Then, as supercritical flow develops, a step-llks increase
in Mach numbers and negetlive pressure coofficients starts at the wing
root and with increasing Machk number moves out to the tip of the wing.
The curves then level off for streasm Mach numbers near 1 and at 1.2.

This step-like increase Indicates that a supsrsonlc region first forms
near the body and then moves out toward the tip of the wing with in-
creasing streem Mach number. The curves at 10° angle of attack are

- extremely complicatsed by separatlon phenocmens. It i to be noted
though that the Mg = 1.2 curves have the seme sheape as those at

Mg = 0.99. If the spanwise pressure coefficients (fig. 15) are an
Indicatlion of the 11ift distributlion over the airfoll, the 1lift at sub-
sonic speeds 1is definitely Inboard; at supercritical speeds 1t moves

outboard, and then becomes more or less evenly distribubted at low
supersonic speeds.

These tests indicate that the transition from a subsonic- to &
supersonlc-flow pattern starts shortly after the flow over the body
becomes critical, and that the transitlon is complete, except .over the
rearmost part of the body, by the time the stresm Mach numher becomes
0.97 or thereebouts. A posslble explanation for the fact that the
supersonic~flow pattern develops at subsonic streem Mach numbers is
that because of the induced velocltles due to the model the veloclty
field about the model at a stream Mach number of 0.97 or 0.98 is
already lergely supersonlc so that the model appeers to be in a super-
gonic field; hence, it may be expected that the flow over the body will
exhiblt supersonic characteristics at stream Msch numbers Just below 1.
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Comparison of experimentel and theoretical flow at subscnic stream
Mach numbers.- The theoretical values of the pressure coefficlents over
a prolate spherold of fineness ratio 6 were calculated. Compressibility
effects were included by using the modification of the Prandtl-Glauert
‘mpthod suggested 1n reference 5. The calculated values are compared
with the experimental values In figure 17. These curves show that, for
subcritical flow, the compressibility corrections given in reference 5
result in feir agreement rearward of the S-percent station. When the
flow becomes critical though, the errors tend to become greater farther
back on the body, but are still ressonably small near the mldsectlion of
the body. Once the supersonlc-flow pattern develops, that is at stream
Mach numbers of 0.97 and higher, the method becomss inappliceble.

These results indicsate thet the Prandil-Glauert method may be
applied to subsonlc flow with & fair degree of approximation, and that
1t may be extrapolated slightly Into the supercritical region, with the
expectation that the resultant error will be greater the more the
critical stream Mach number is exceedsed.

CORCLUSIORS

For the wing-fuselage body investigated, the followling concluslions
wore made:

l. The asymetrical supersonic~flow pattern develops continuously
from the subsonlc-flow pattern. The development sterts at a stream Mach
number slightly above critical and is complete except at the rearmost
part of the body at a stream Mach number of 0.96 or 0.97.

2. The drag Iincrease, which has been observed at Mach numbers
between 0.93 and 1.00, 18 due to an Increase in the pressure drag
caused by the rearward movement of the negatlve pressure peaks which
ia the result of the development of the supersonic-flow pattern before
a stream Mach number of 1 1is attalned.

3. As the ratlo of model-to~tunnel cross section 1s decreased; the
meximum stream Mach number at which the results are not invalidated by
wall interference becomes very nearly equal to the choking Mach number.

L. The extension of the Prandtl-Glauert method to axially symetric
flow mey be applied to subsonic flow with a falr degree of approximation,
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and extraspolated slightly into the supercritical reglom, with the ex-
pectation that the resultant error wlll be greater the more the critical
Mach number is exceeded.

Langley Aeronautical Leboratory
National Advisory Commlttee for Aeronautlics
Langley Field, Va.
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Figure [6.— Comparison  of [ocal Mach numbers at Zurnel
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Figure 7. — Comparison of experimental and theoretical
pressure disiribution over a prolate spheroid with
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